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THE EFFECTS OF ASRODYNA^OiC HEATHJG AND HEjVT TRiLIISFEE 
ON THE SURFACE TEMEEEATUEE OF A BODY OF 
EETOLUTION IN STE/iDY SUEEESONIC FLIGHT 

By Eichai’d Scherror 


SUMMARY 

Iji approximate method for dotermining the convective cooling 
requirement in the lcanina.r houndriry-layer region of a Body of 
revolution in high-speed flight \rc.B developed and applied to an 
example body. The coding requirement for tho exeiaplo body was 
determined as a function of Mach nurfoerj altitude, size, and, a 
aurface-tompercture parameter. The maxim.-’jm vo.luo of Ifcch number 
considered was 3 *0 and the altitxidos considered were those within 
the lower constant-temporaturo region of the atmoaphore 
(ho, 000 to 120,000 ft). The extent of the laiiinar boundary 
layer was determined approximately at each condition as a function 
of the va.riablo3 considered. 

The convective cooling requireaients were found to be smll 
for the range of Mach numbers considered, but increased ra.pldly 
with Increasing liach nimber. 

For thin, fair bodies, the body length for' a completely laminar 
boundary layer is- of the order of magnitude of 5 C i’eot for moderate 
supersonic Mach numburs ( 3 .O) and medium altitudes (100,000 ft). 

Tho results also indicate ■ that cooling a body in high-speed flight 
will cause a reduction in the friction drag of the body. 


INTRODUCTION 

One of the many problems encountered at high speeds is that of 
aerodynamic boating due to the compression and friction of the 
ambiont air moving over tho aui'faces of tho aircraft. As an 
example of one of the difficulties caused by aerodynamic heating. 

It is known that some of the Ge-rnan A— h missiles experienced . 
sufficient heating to cause explosion of the fuel tanks prior to 
Impact. 
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Several studies were made of the heating of the warheads on 
the A—h and Wasserfall missiles. A study of the heating of the 
A—k missile j considering the transient conditions of temperature 
and velocity along the missile trajectory, is reported in reference 1 

The problem of determining the theoretical heat— transfer 
characteristics of boundary layers dates back to the works of 
Pohlhausen (reference 2^ and L. Crocco (reference 3)* 1935 and 

again in 1938 ‘voja Kanaan treated the subject of heat transfer 
through laminar boundary layers. (See references 4 and 5») A 
study of the heat transfer through a laminar boundary laj’’or to a 
flat plate in a compressible fluid is presented in reference 5* 

More recently a study was made of the temperature attained by a 
flat plate in a high-speed air stream at the condition of eq^uilibrium 
between the convective heat transfer from the boundary layer to the 
plate, and the thermal radiation from the plate to the atmosphere. 
(See reference 6.) 

Most of the studies, up to the present time, have been concerned 
with the determination of the tempex'ature of a flat plate or cone 
without internal cooling. The results of these studies have served , 
to emphasize the necessity for internal cooling to maintain the 
surfaces of supersonic aircraft at temperatures which will not cause 
damage to the aircraft structure and pay load, or discomfort to 
the occupants. 

It is the purpose of this report to present a method for 
determining the convective cooling requirements in the laminar 
boundary— layer region for any body of revolution in steady supersonic 
flight, and to present the results of the applica-tion of this method 
to a representative body. An estimate of the extent of the laminar 
boundary layer and the effect of heat transfer on the friction drag 
coefficient for the example body are also determined. 


SYMBOLS 


The following symbols have been used in the presentation of 
the method and its application: 

Cp)_ friction drag coefficient (Df/^p^V^^S), 

^ dimensionless 
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d 

g 

H 

J 

k 

L 

I 

M 

n 

P 

Pr 

P 

Q 


specific heat at constant pnessure, Btu per 
pound, °F absolute 

specific heat at constant volune, Btu per pound, 

°F absolute 

friction drag, pounds 

naxinun body dicmeter, feet 

gravitational accelera.tion, feet per second squared 
altitude, feet 

nechanical equivalent of heat, 778 foot-pounds per Btu 

coefficient of thernal conductivity, Btu per second, 

°F absolute, square foot per foot 

length ratio (i/Iq) 

length of body, feet 

Mach nunber, dinensionless 

Jfcich nunber paraneter ^ , dimensionless 

pressure coefficient E dinensionless 

Prandtls nunber (cpn/lc),. dinensionless 


pressure, pounds per square foot 

\ 

total rate of heat transfer, Btu per second 

^ ~ ) 1 /g i, 3 heat-transfer paraneter, Btu per second 

q local rate of heat transfer, Btu per second, square foot 

/LN Va 


Q 


(^) 


loca>l heat— transfer paraneter, Btu per second, 
square foot 


E 


gas constant, feet per F absolute 
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Egg laminar 'boundary— layer Beynolda number 

dimensionleas 

r radius of 'body at any point, feet 

S frontal area of 'body, sq^uare feet 

s distance from nose along the axis of the body, feet 

T temperature, absolute 

u tangential velocity .at any point within the boundary layer, 

feet per second 

'V velocity Just outside the boundary layer, feet per 

second 

y distance normal to the surface, feet 

3 aijrface temperature parameter [ (Tg— Ty) /(Icr-Tv)] ^ dimensionless 

7 ratio of specific he.ats (cp/cy) 

5 boundary— layer thickness, feet. 

9 angle of the nose shock wave with the horizontal, degrees 

|j absolute viscosity, pound— second per square foot 

p a,ir density, slugs per cubic foot , ■ 

0* air density ratio (p/p^) 

T surface unit shear, pounds per foot sq^uared 

In addition the following subscripts have been used: 
a reference length or air 'density 

s body surface 

V any point along the body Just outside the boundary layer 

X location of a particular limit of integration along the 

length of the body 

o stagnation condition 
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1 aiabiont condition 

2 condition at the rear of the none wavo 

3 condition at the none of the body Just outside the boundary 

layer 


THSCEY 

Method 

The following analysis is based on the fundainental concept 
that the rate of heat transfer, by conduction, either into or out 
of any unit of surface are?,, by a surrounding fluid, is a fimction 
of the temperature gradient in the fluid, and the thermal conduct ivit 
of the fluid, at the surface. In order to obtain the temperature 
gradient through a boundary layer, the boundary-layer thickness 
must be determined. Therefore, to determine the boundary-layer 
thickness, in the procedure of tho present report, a knowledge of 
the temperature, velocity, Mach number, and air density of the 
fluid along the surface is necessary. The required information can 
be obtained from tho pressure distribution over the surface, which 
in turn is derived from tho sha,pe and speed of the body, and the 
flight altitude , 

Fressiire distribution .— For tho case of a given body of 
revolution in steady supersonic flight, at hi^ altitudes, the 
conditions of flight speed and ambient temperature and pressure 
will be fixed. If tho body has a small nose angle in relation to 
tho shock wave angle at the nose, its pressure distribution can be 
determined by the approximate method of, von Krfrm 5 .n and Moore. 

(&e reference 7.) For more blunt bodies, or at hi^er Ms-ch numbers, 
it is necessary to resort to tho more complex, but exact, three- 
dimensional method of characteristics. (See reference 8.) 

The air stream approaching the body will undergo an Increase 
in temperat-ure and pressure upon passing through the nose wave. 

Tho static temperature Just aft of the nose wave is given by the 
relation 


m _ m Sin^ M7-I)] [(7-1) sin^ 8 - 4 - 2 ] 

® ^ (7+1)^Mj^^ sin^ 9 


( 1 ) 


6 


NACA TN No. 13 00 


and the temperature at the nose, Just outside the houndary 
layer Tg is given hy the isentropic relation 



where 


P 


2 


t) ( sin^ 8-1 

6 


( 2 ) 


(3) 


The pressure pg is obtained dli^ctl^r from the pressure, 
distribution for tho p.a,rticular body. Tlio value of the nose wave 
angle B can be obtained from, reference 9* 

Most bodies for supersonic aircraft can bo -expected to have 
smooth surfaces and fair contours in order to have, the minimum possi- 
ble drag. Tho air flow about a well designod body of revolution will 
therefore be shock froo from r.ft of tho noso wavo to tho roar wave, 
aiad as a result, outside the boundary 1-ayer, the air flow will be 
isentropic . 


Because of the isentropic flow along the body surface, the 
static temperature distribution Just outside the boundary layer can 
be calcul.ated, knowing the sta.tic temperature and pressure at the 
noso .and the pressui'o distribution, by the use of the isentropic 
relation 



= T, 


/ Pv 
kPg 



(4) 


The velocity at each, point on tho body can be determined, 
knowing tho static temperature distribution, because tho energy in 
the air stream outside the boundary layer will be constant. Iherefore, 




= T„ + 

° ^ 2Jgc, 


(5) 


or 


V = [2JgCp(To - T^)]2 


( 6 ) 
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The Mach nunher 'of the air stream just outside the boundary layer 
can be obtained from the results of eq^uations (t) and ( 6 ). 





(7) 


Also, with the temperature distribution known, the air density along 
the body can be determined by the use of the relation 



(8) 


With the pressure, static temperature, velocity, Mach number and 
air-density distributions known, just outside the boundary layer, 
it is possible to determine the boundary— layer thickness. 

Boundary— layer thickn ess general nomentun equation for a 
laminar boundary layer bn~a"body of revol-ation is shown, in reference 
10 , to be, in the nomenclature of the present report: 



L Jo 



(p^V - pu)r dy 


(9) 


Because most bodies of revolution for supersonic fli^t can be 
expected to be sharp nosed and have large fineness ratios (of the 
order of lO), the dimension a will be measured along the axis 
rather than along the surface of the body. Equation (9) expressed 
nondimenslonally, becomes 
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In order to solve tho foregoing equation for the boundary— layer 
thiclmesB, the change in velocity and air density with distance 
nonnal to the surface must be known. Since at any point on the 
body the static pressuro will bo constant through the boundary layer, 
the variation in air density is related to the temperature profile 
by the relation 


J. . 


( 11 ) 


The temperature profile within a laminar boundary layer, with heat 
transfer and with Prandtls number assumed to bo unity, is demonstrated 
in reference k, to be given by the relation 


T _ ^ u 

Tv " Tv V 



— 



Mv2 


( 12 ) 


To simplify this e;q)reasion lot 


= m (13) 


and 


T 

— S. « 1 + Pm 
Tv 




or 


la-T- 


X = J 


T — T 
o -^v 

with these simplifications, equation (12) bectmes 
T ^ U r__/i n\n '^u\^ 


^ = 1 + pm + I [m(l-p) ] - l^y 


m 


and the air-density relation, equation (11), becomes 


£1=1 + 


Pm + ^ Cm(l-p)] - (""h 
V \Y / 


( 15 ) 


( 16 ) 


(17) 


/ 



WACA TN No. 1300 


9 


The velocity profile within the houndary layer is assuiBd to 
he linear. 


H - I 

V “ 6 


(18) 


for all values of Mach nunher and surface tenperaturo paraneter p, 
because the linear profile is a sinple, yet reasonable, approximation 
of the actual laxiinar velocity profile at high Mach numbers. Examples 
of approximate laminar velocity profiles for various Mb.ch numbers 
and for one very low value of surface temperature are shown in 
figures 3 and li- of reference 5. 

The momentum eq.'08.tion (10), upon substitution of the linear 
velocity profile relation, becomes 



Substitution of the density relation, equation (17)^ into 
equation (19 )^ and performing the necessary integrations <ond algebraic 
manipulations, results in the following expression for the boundary- 
layer thickness: 



in which 
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C = e 


f 

\j 


Y = 
and 


r lo^va(l ) 


ni 


m 


^(1+M + (l-p)' 

2 ][' (i_i3) + y 1 


(l_p) L Y j|_(i._3) „ 2 +T 
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The boundary-layer thickness for any length of bod;'- at any 
altitude can b© detemined fron the calculated values for a fixed 
length and altitude vhen the ambient temperatures are identical by 
the use of the relation 



where the subscript a denotes the calculation for a reference 
altitude and length. 

Bate of heat transfer — The fundamental expression for the local 
rate of convective heat transfer from a unit surface area to or 
fron a siurrounding fluid is 


where kg is the themnl conductivity of the fluid adjacent to 
the surface and (^T/dy)g is the tenperaturs gradient within the 
fluid at the surface. The temperature gradient^ in terns of boundai’y— 
layer thickness^ is obtained by the differontiailon of the 
tenperature profile relation (equation (I 6 )) and, when y is 
equal to zero and the linear profile rela,tion enployc-d, the 
expression for the temperature gradient becones 


(l) = 


5 


n(l-p) 


( 23 ) 
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and therefore 

5 = - (1_P) ■ (24) 

o 

By the use of equation (21), the local rate of heat transfer can he 
doternined for mny altitude and length conditions when the anhient- 
air tenperature is constant, with hut a single calculation of the 
boundary— laye3>-thickness distribution 


With the local rate of heat transfer known for any point on a 
body, the total rate of heat trahsfer or cooling requirenont can be 
obtained by integrating over the surface pf the body 


Q = 2nl^ 



or, for the laore general case 


Q. 


2ir2, 



(26) 


(27) 


The foregoing equation presume s that the laminar boundary layer 
will extend to the stern of the body and that no heat will be 
transferred from the surface by radiation or along the surface by 
.conduction, 

Boun^ry— layer transition >— In general, the boundary layer on 
a smll, fine, body flying at high altitudes and at moderate super- 
sonic speeds should be laminar. However, the limiting length, altitude 
and speed for a completely laminar boundary layer will have to be 
dotormined for each example considered. 

Tho location of the transition point on a surface can be 
determined if the boundary— layer Reynolds nur.ib.er for transition is 
known. The effect of compressibility on the growth of the laminar 
boundary layer is presented in reference 10. As long as the flow 
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1b isentropic, incroasoe in Mach nijmbor tend to stahilize the laminar 
boundary layer, cc.u3jng transition to occur" o,t higher Reynolds 
nraabera. At slow speeds the rainimun va.luo of boundary— layer Reynolds 
number for transition to occur, using as the characteristic length 
the value of y at u equal to O.JOJV, is about 8,000; for the 
assumed linear velocity profile, using as the ciiaracteristic length 
the value of y at u eqxuil to V, the value of the boundary— layer 
Reynolds number for transition is 11,300. Beca.use no accurate method 
of determining the boundary— layer Reynolds nijmbor for transition as 
■a function of Mach number in the supersonic region has been 
developed, the best estimate of the value of laminar boundarjr— layer 
Reynolds number at transition appears to bo the value, 11,300. 


APPLICATION 

In applying the foregoing method the cooling requirements for 
a body of revolution were calculated for a range of Mach numbers 
(M = 1*2 to 3.0) and for a range of surface -temperature parameters 
((3 = 0 to 1.0) for altitudes within the lower constant temperature 
region of the atmosphere (H = 40,000 to 120,000 ft). 

A body with a fineness ratio of 10 was selected from reference 
11 as being tj'plcal of the present design trend for rocket— powered 
missiles. The radius of the body selected, at any longitudinal 
station, is given by the equation 

[(o/l) - (s/!)^] ( 28 ) 


where d/l = 0*1. The contour of the body is shown in figure 1. 
Equation (28) defines a body which is pointed at both ends but, for 
the purpose of this example, the finene'ss fatlo.was reduced to 8.8 
by cutting off the rear point at 88 percent of the length to allow a 
flat base for the power-plant nozzle outlet. The figure of 88 
percent was selected arbitrarily to obtain a reasonable pressure 
recovery over the after portion of the body. 

Pressure distribution s.— Pressure distributions over the body, 
obtained by the method of reference 7, for five Mach numbers, are 
shown in figure 2. -Exact values of the pressure at the nose were 
obtained by . using Taylor and Maccoll*s values for cones. ..(See 
reference 9*) The curves, used for all subsequent calculations, 
were faired from the exact values at the nose to the curves given 
by the approximate method and are shown as dashed lines in figure 2. 
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The static tenperatvire, velocity^ tfech nuriber, and air-density 
distributions. Just outside t ho boundary layer were calculated by 
the use of equations (l) to ( 8 ) , assuming the ratio of apocif ic- ; 
heats 7 to be constant. The angle of the -nose waye 9 in ■ , 
equations (l) and ( 3 ) was obtained from reference 9 / and used to 
obtain the value of static temperature at the nose of the' body for 
the range- of Mach numbers being -considered. With the data from , 
equations ( 2 ), (4), ( 6 ), ( 7 ), and ( 8 ) known, the boundary-layer 
thickness along' the body was calculated. ' 

Bo undary— layer thickness .— The bovindary— layer thickness for a 
given body shape is deteiminod by tho following variables; j - 

1. - Size of body 

2. Fli^t Mach number 

3 . Altitude . 

4. Bate of heat transfer or surface temperature 

For the purpose, of the calculations, the body was o-ssumed to be of 
unit length and assumed to be flying at an altitude of 40,000 feet 
over the range of Mach numbers (1.2 to 3*0)* It order to simplify 
the calculations, values of the rate of heat transfer were calculated 
for fixed values of the surface -temperature parameter 0 rather than 
for fixed surface temperatures. The result is that the surface 
temperature varies to some extent along the bodj- because of the 
variation of local pressure. The exact variation in surface 
temperature with Mach number and surface— temperature parameter for 
a flat plate, or the approximate variation for the body, calculated 
from equation ( 16 ), considering Ty to be the ambient temperatinae, 
is shown in figure 3 . Tho relation between Mach mjmber and the 
surface— temperature parameter for a svii-face temperature of 520 ° 
Fahrenheit absolute is shown in figure 4. 

The boundary— layer thickness was calculated by equation (20) 
using the values of absolute viscosity n taken at the surface 
temperatxire , The calculations were made-, in successive steps by 
calculating: each variable (A,B,C,y, and Z) separately. The . 
integrations to determine the variable . C and the boundary— layer 
thickness & were performed graphically. 

ft 

Bate of heat transfer .— The values of boundary— layer thickness 
were used in equation ( 25 ) to obtain values of the local heat— transfer 
parameter on the body. The value of the air-density ratio as a 
function of altitude is shown in figure 3 , based on the air density 
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at 40,000 feet for convenience. The results of the heat— transfer 
calculations are presented in figure 6 in such a manner as to include 
the effects of length, altitude, and surface— temperature parameter 
for each Ma.ch number. 

The total rate of heat transfei' as a function of Mach number and 
surface— temperature parameter was obtained bjr the integration over 
the surface of the body. The total heat— transfer parameter is 
presented in figure 7 with the curve of figure 4 cross— plotted to 
indicate the cooling required to maintain an avefage surface 
temperatinre of 520° Fahrenheit absolute. 

Boundary— layer transition .— The location of the transition point 
for a 100-foot— long body was determined by calculating the boundary- 
layer Reynolds number using the local values of air density and 
viscosity, velocity, and boundary— layer thickness. The transition 
points were picked from curves of boundary— layer Reynolds number 
versus length and are shown as a function of Mach number and altitude 
for two values of the surface— temperature parameter in figure 8. The 
body length for a completely laminar boundary layer as a function of 
altitude, tfech number, and si.irfaco— temperature parameter is, shown 
in figure 9 « The curve of figure 4 is again cross— plotted to. indicate 
the effect of a constant surface temperature. 

Friction drag .— The friction— drag coefficient of the body, based 
on the frontal area, was calculated by considering the mon^ntum loss 
in the boundary layer at the stern and is shown plotted against Mach 
number and surface— temperature parameter in figure 10. The effect of 
a constant surface temperature is again illustrated. 

Example .— As an example of the application of the foregoing 
general GXirves to a specific body, approximately the size of the A— 4 
missile, assume: . ' . 

I = 50 feet 

H =100,000 feet , 

T„ = 520° Fahrenheit absolute 

°av 

M = variable 

The Required cooling rate for this example from the data of figure 7 
as a function of Mach number, is shown in figjnre 11. Also, from 
figure 9, the boundary layer will probably be completely laminar up 
to Mach numbers greater than those considered herein. 
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DISCUSSION . : . 

Results 

The results of the application of the foregoing analysis to a 
particular body are presented in figures 6 to 11. Althou^' the re- 
s\alts were obtained for a body of a specific shape, the general 
conclusions obtained are believed to be applicable to all fine, 
snooth, and fair, bodies of revolution in steady supersonic fli^t. 

Hie .local rate of heat transfer is shown to approach infinity 
at the nose of the body (fig. 6), but at the stern, the local rate 
of heat transfer is small. The cooling requirenenty for a fixed 
value of surface— teraperature parameter increases rapidly with 
increasing Mach number (fig, t), until, at, the highest- Mich number 
(M = 3.0) and at the maximum rate of heat transfer considered (e = O), 
the rate of increase becomes almost constant. However, for a fixed 
value of surface temperature, the cooling requirement increases even 
more rapi(^y with Mich number. 

The location of the transition point on a body with a basic 
length of lOQ feet for the conditions of zero and naririum rates of 
heat transfer, as a function of altitude and Mich number is shown in 
figure 8, The rate of change of the position of transitibn with 
altitude becomes less with increasing altitude because of the 
increased rate of boundary— layer growth in the adverse pressure 
gradient oyer the after portion of the body. Therefore, if the after 
portion of the body is considered to be uncooled, the maximum body 
length for the condition of a laminar boundary layer up to the edge 
of the uncooled .portion will bo markedly greater than the maximum ., 
body length for, the condition of a completely laminar boundary layer. 

The assumption of a fixed value of boundary-layer Reynolds 
number, for transition is identical to assuming a fixed degree of 
stability for the laminar boundary layer, As a result of this 
assiinption the transition point, for a given. Mach number, tends to 
move forward on the body with ' increasing rates of heat transfer 
because the boundary— layer Reynolds nuiaber at a given point oh the 
body increa.se s with increasing heat transfer duo to the effect of 
' surface temperature on the local kinematic viscosity. 

When transition occurs from a laminar to a turbuleirt flow in the 
boundary layer, the. heat transfer aft of the transition point will 
increase abruptly. It is possible , that forward movement of the., 
transition point on the body ofthe; A -4 missile, during the latter 
portion of its trajectory, may have been a contributing cause to 
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the previously mentioned explosions of the fuel tanks. 

When the length, speed, and altitude conditions are such that 
the hoiindary— layer Eeynolds numbers become small, laminar separation 
is likely to occur over the rear portion of the body. However, 
because laminar separation is equivalent to an abrupt thickening of 
the bouxxdary layer, the , convective heat transfer from the boundary 
layer to the body will decrease in the separated region. 

Because of the narked increase in heat transfer at transition 
or the narked reduction at laminar separation, the curves of figure 7 
aro only applicablo when a completely laminar boundary layer exists 
on the body. However, the resiilts presented in figure 6 are applicablo 
over' the forward portion of the body aft to the transition or separation 
point for all cases within the rarigo of variables for which the 
calculations were made. The curves presented in figure 9 indicate 
the conditions of length, altitude, Mach number, and surface— .. 
temperature parameter which satisfy the condition of transition for 
a completely laminar boundary layer. The curve of figure U is 
cross-plotted to indicate the conditions for a given value of surface 
temperature . 

Although the primry purpose of cooling a body in high-speed 
flight is to make it habitable and to prevent damage to the structure 
and pay load, cooling has a raarked effect oh the friction drag of 
the body.' By cooling the body, the viscosity of the air adjacent to 
its surface is reduced, in turn decreasing the surface shear stress. 

The effect of cooling on the friction drag coefficient of the example 
body, as a function of Ifech number, is shown in figure 10 . At a 
Jfech number of 3.O the friction drag coefficient can be reduced by 
over 30 percent by cooling the body from stagnation temperature to 
a temperature of 520 ° Fahrenheit absolute. Although the friotion 
drag usually represents only part of the total drag of a body at 
supersonic speeds, such a reduction in drag would still be advantageous. 

The cooling requirement, or required rate of heat transfer, 
for an example body approximtoly the size of the German A— Ij- mi.ssile 
is presented in figure 11 as a fvinction of Mach number. It should be 
noted that no cooling is required at speeds up': to a Mich number of 
1.25, but the required cooling increases rapidly with increasing Mach 
number. • . 

■ For bodies less fine than the example considered and for those 
with less fair contours the cooling requirements can be expected to 
be greater than those presented herein. For more blunt bodies the 
increased adverse velocity gradient at. the stern will probably cause 
transition to occur at lower flight Reynolds numbers, while the 
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increased favorable velocity gradient over the nose should promote 
thinner laminar boundai'y layers and consequently greater cooi.ing 
requirements in this region. 

Reviev of Assumptions 

In order to make possible the development of the method 
presented herein, certain simplifying assxmiptions were necessary. 

It was assumed in the analysis that the boundary-layer velocity 
profile was linear for all Ifech numbers and all rates of heat 
transfer. However, it has been shown in reference 5 that the laminar 
boundary layer does approach the assumed profile as the ifech number 
is increased. The effect of cooling at low Mach numbers (subsonic) 
is to decrease the linearity of the velocity profile, but as the 
Mach number is increased this latter effect becomes less marked. 

It was assimied in the analysis that radiation could be neglected 
because in relation to the convective heat transfer, at least at 
the lower values of surface— temperature parameter, the radiant heat 
transfer woild be small. However, if the aircraft, which is to be 
cooled, is designed with a thick outer surface of low thermal 
conductivity, the surface-temperature parameter will not be small, 
and, at higher Mach numbers, radiation must be considered. 

It was assumed that the effects of heat conduction in the surface 
and its supporting structure could be neglected. In steady flight, 
the internal structure of a body would be at the same temperature 
as the surface; therefore, if a system were designed to give a 
constant skin temperat’ore, there would be no internal heat conduction. 

'It was assumed that Prandtl’s number is unity in order to prevent 
the analysis from becoming excessively con 5 )licated. Although it is 
known that this ass^umption reduces the accuracy of the results, its 
effect is believed to be small. It was also assumed that the ratio 
of specific heats was constant with changes in temperature. The 
effect of this assumption on the results of the analysis over the 
range of Mach numbers considered is negligible. 


CONCLUSIONS 

The following conclusions can be drawn from the results obtained 
from the application of the method developed herein: 
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1. The convective cooling requirements for a body of revolu- 
tion in steady supersonic fll^it at medium altitudes (40,000 to 
120,000 ft) with a completely laminar boundary layer are small for 
the range of I<fe.ch numbers considered (1.2 to 3-0) but increase 
rapidly with increasing Mach number. 

2. For thin, fair bodies of revolution, the body length for a 
completely laminar boundary layer is of the order of 50 feet for 
moderate flight Mach number (3-0) and medium altitudes (100,000 ft). 

3 . Cooling a. body in high— speed fli^t will cause a reduction 
in the friction drag of the body. 


Ames Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 
Moffett' Field, Calif . , -February 194?. 
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Figs. 1,2 



FIGURE 2 - PRESSURE DISTRIBUTIOMS OVER THE 

BODY OF REVOLUTIOU FDR VARIOUS MACH 
WUMBERS. 








Figs. 5,6a 




Fig, 6d,e 
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Figs. 7,8a 
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